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DRAG REDUCTION BY COOLING IN HYDROGEN FUELED AIRCRAFT
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ABSTRACT

Drag reductions are possible for cryo-fueled
aircraft by using the fuel to cool selected aero-
dynamic surfaces on its way to the engines. This
is because cooled laminar boundary layers in air
at subsonic and low supersonic speeds are more
stable than adiabatic boundary layers and there-
fore more resistant to transition to turbulent
flow. Calculations for a M = 0.85 hydrogen-fueled
transport show that drag reductions in cruise of
about 20% are within reason. The weight of the
fuel saved is well in excess of the weight of the
required cooling system. These results suggest
that the hydrogen-fueled aircraft employing
surface cooling is quite attractive as an energy
conservative aircraft and warrants more detailed
study.

INTRODUCTION

Brewer(l) argues quite convincingly that
hydrogen—fueled aircraft can satisfactorily handle
the needs of air transportation when petroleum
fuels are no longer consistently available.
Hydrogen however is not the only alternative to
petroleum fuels, Mikolowsky, Noggle and
Stanley\4’' rate propulsion system options for very
large transport aircraft using different alter-
native fuels on the basis of cost and energy
effectiveness for a variety of scenarios. They
indicate a preference for a propulsion system
using synthetic JP rather than cryo-fueled or
nuclear options. They show nevertheless that
for many missions the liquid methane (LCH;) and
liquid hydrogen (LH) aircraft are only margin-
ally less effective than the aircraft fueled by
synthetic JP.

A factor not considered by either Brewer(l)
or Mikolowsky et a1(2) ig the drag reduction that
might be obtained by using the cryo-fuel (LCH,
or LHy) to cool major aerodynamic surfaces of the
aircraft as it flows from the fuel tanks to the
engines. Cooled laminar boundary layers in air
at subsonic and low supersonic speeds are more
stable than adiabatic boundary layers and are
therefore more resistant to transition to turbul-
ent flow. Thus one has the prospect of laminari-
zation by cooling with the consequent reduction
in skin friction drag.

This paper will examine the aerodynamic basis
‘for drag reduction by cooling in subsonic flight.
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This information will then be applied to the ex-
ample of a M = 0.85 hydrogen-fueled transport in
cruise. Some comments will be made on cooling
system design and the effects of drag reduction
and cooling system weight on fuel saving.

AERODYNAMICS OF DRAG REDUCTION BY COOLING

Since drag reduction by cooling depends on
the delay of transition that comes about through
cooling, one must first examine the effect of
cooling on stability and transition of subsonic
boundary layers in air. The prospects for cool-
ing depend further on whether the cooling capa-
city of the fuel can cool the aircraft skin.down
to the temperatures needed for the desired
transition delay. These two factors are ex—
amined in this section. -

'Stability and Transition
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Boundary layers on alrcraft surfaces display
some three-dimensionality, that is that the velo-
city vectors within the boundary layer are not
all in the direction of the local free-stream.

In principle this requires that the stability of
the three-dimensional compressible boundary layers
be analyzed in a proper three-dimensional way.
Such an analysis is not yet available although
there have been significant advances recently for
incompressible three~dimensional boundary
1ayets(3‘5). Unfortunately the incompressible
procedures do not lend themselves to considerin§
the effects of cooling. Srokowsky and Orszag(5
and Mack(6) do however show that when the cross-—
flow is unstable, the overall three-dimensional
stability characteristics are very close to those
of the crossflow alone and when the crossflow is
small enough to be stable, the stability character-
istics are essentially those of the streamwise
flow. Thus for the purposes of this paper we can
establish the trends of the effects of cooling on
stability by reverting to the traditional pro-
cedure whereby the stability of the streamwise
and crossflow velocity profiles are separately
considered.

Effect of Cooling on Stability and Tramsition
of Streamwise Flows -~ It was noted many years ago
in experiments at low subsonic speeds( »8) that
the transition location of the flat plate boundary
layer in air is advanced as a result of plate
heating. This trend was confirmed by the sta-
bility calculations of Lees(9) who showed that
cooling can significantly stabilize the flat plate




boundary layer while heating destabilizes the
boundary layer.

These results are shown in Figure 1 where
length Reynolds number is plotted against the
wall to free-stream static temperature ratio.
transition data of Frick and McCullough(7) and
Liepmann and ¥11a(8) both show the decreasing
transition Reynolds number with heating*. The
difference in level reflects difference in the
pressure gradients on the models as well as
differences in quality of the test facilities.
All the other curves in Figure 1 are of minimum
critical Reynolds number =-- that Reynolds number
below which all small disturbances in a boundary
layer are damped. Lees' result for M = 0.7 was
obtained by an approximate asymptotic procedure.
Shown also are the much more recent results of
Boehman and Mariscalco for M = 0.6 and M = 0.9
on a flat plate obtained by exact numerical sol~
ution of the compressible disturbance equations.
Note the steep increase in minimum critical
Reynolds number with cooling. If the wall is
cooled to 0.7 Tg, the minimum critical Reynolds
numbers for flat plate boundary layers are above
10/ and the transition Reynolds number are even
higher. The favorable pressure gradients typical
of airfoils and fuselages tend to further increase
both the minimum critical and transition Reynolds
numbers.

The

Some experimental support is available for
the aforementioned stability trends. Kachanov,
Koslov and Lecvhenko have observed a doubling
of the minimum critical Reynolds number by cooling
a flat plate in low speed flow to 0.945 Tg, con-
firming expectations from the calculations of
Gaponov and Maslov 12), These results are also
shown in Figure 1. Kachanov et a1(11) also
measured the growth rates of the uncooled and
cooled boundary layers for a range of frequencies.
The neutral points (zero growth rate) are shown in
Figure 2. For the uncooled boundary layer, their
results are in agreement with prior experi-
ments(13-15). With cooling, not only does the
minimum critical Reynolds number increase but the
range of amplified frequencies is diminished.
Furthermore, at a particular frequency that dis-
plays growth with and without cooling, the growth
with cooling is much below that for the uncooled
boundary layer (Figure 3). Thus, cooling clearly
stabilizes the boundary layer in air at subsonic
speeds and delays the onset of transition.

The estimation of transition Reynolds number
for the streamwise flow is however another matter.
The transition Reynolds number is demonstrably a
function of the steady flight parameters alome.
Nevertheless some success in transition estimation
was demonstrated by Smith and Gamberoni(16) and by
van Ingen{(17), For low speed flow, they corre-
lated transition Reynolds numbers over plates,
wings and bodies with the amplitude of the most
unstable frequency from its neutral point_to the
transition point. Smith and Gamberomi found

*For the Frick and McCullough data, the upper
point at T,/T, = 1.14 is for heat applied only
ahead of the pressure minimum while for the lower
point, heat is applied over the entire laminar
flow. The upper and lower curves of the Liepmann
and Fila data are for free-stream turbulence
levels of 0.05% and 0.17% respectively.

. ing* or combinations of the two.

that the transition Reynolds number Re, as
predicted by assuming an amplification factor
of e was seldom in error by more than 20%. Even
if this criterion is fundamentally deficient it
can certainly help evaluate the relative tendency
to transition of a related set of flows. Most
interesting is the result of Wazzan and Gazley(ls)
for water boundary layers (Figure 4) that minimum
critical Reynolds numbers and transition Reynolds
numbers based on e9 correlate very well with the
form factor H = 6*/6 for pressure gradient, heat-
Implied by this
figure is a fairly good correlation of tramsition
Reynolds number with minimum critical Reynolds
number for low speed variable property flows.

tr

A schedule of transition Reynolds number with
surface temperature will be needed for later cal~-
culations. Figure 5 shows a plot of minimum
critical Reynolds number for M = 0.85 as inter-
polated from Boehmann and Mariscalco(10) and the
corresponding variation of transition Reynolds
number obtained using Figure 4. Again, this
schedule is for a flat plate and does not consider
effects of the favorable pressure gradients found
on forward portions of wings and bodies.

Crossflow Instability and Transition - Des-
pite the great interest in crossflow instability,
there are no calculations available for cooled
boundary layers, so that it is not possible to
establish definitive trends for the effects of
cooling on the stability of crossflow boundary
layers. There is some suspicion that cooling
will not affect crossflow stability as much as it
affected the stability of the streamwise flow
since the crossflow velocity profile has an
inherent inflectional character. Nevertheless
cooling tends to decrease the maximum cross—flow
velocity which promotes increased cross—flow
stability.

In the absence of anything more definitive,
the cross-flow instability will be examined in
terms of the x criterion originally introduced by
Owen and Randal1(21):

=1 ™
K=y e

(1
The quantity X which is well known in LFC tech-
nology has the character of a thickness Reynolds
number where the characteristic velocity is the
average velocity of the cross-flow profile. If X
is kept below a certain critical value, transition
can be avoided. Referring to Figure 6, the cross-
flow velocity profile can be written

W= uesine (£'-g) (2)

*Boundary layers in water are stabilized by heat-
ing. Just as cooling in air reduces the viscosity,
heating of liquids reduces thelr viscosities. A
reduced viscosity near the wall requires larger
velocity gradients to maintain the same level of
shear stress. This promotes fuller velocity pro-—
files which are more stable than velocity profiles
over adiabatic walls. A significant reduction of
drag is available to water vehicles with on-board
propulsion systems if the reject heat of the pro-
pulsion system is discharged throgs? heating the

laminar flow portion of the hull(
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u, and w, are respectively the chordwise and span-
wise components of the local freestream velocity
vector and § is the angle between the local free-
stream velocity vector and the chordwise direction.
Assuming for simplicity that the boundary develops
according to local similarity and with constant
properties, the expression for Y can be writtenm:

= B e o 1w,

This expression has three factors, (a) the square
root of the length Reynolds number, (b) sin® which
in the region of interest is approximately sinA,
and (c) a profile integral which is a function of
the local pressure gradient parameter B given by:

(3)

H

2 c—-—) f ug dx

u
e

4)

A flat plate has no crossflow. With pressure
gradient the chordwise and spanwise profiles
differ yielding the variation of the profile
integral shown in Figure 7. This figure is based
on the boundary layer computations of Beckwith(22),

Cooling the wall to 0.75 of the stagnation temp~
erature reduces this factor by about 15%.

As indicated by equation (3), X can be kept
small by reducing sweep angle and by coming to
zero pressure gradient within a short distance
downstream of the attachment line. The super-
critical airfoil sections (Figure 8) lend them-—
selves to minimizing the possibility of crossflow
transition. For the pressure distribution shown,
critical regions are within the first 10% of
chord, downstream of 75% chord on the upper sur-
face and downstream of 557 chord on the lower sur-
face. Much of the wing beyond 75% chord is taken
up with movable control surfaces which would be
very complicated to cool. If one wishes to
laminarize only 75% of the wing, then the major
area of concern for crossflow transition is near
the attachment line.

It should be mentioned that suction is quite
effective in quenching crossflow instability, If
the design demands, some suction can be applied in
the vicinity of the attachment line.

It should be very clear that compressible
crossflow instability must be studied theoretically
and possibly experimentally in order to properly
evaluate the potential of cooling in quenching
this instability.

Leading Edge Contamination - For a swept
wing attached toa fuselage, turbulent flow from the
fuselage can spread along the wing stagnation or
"attachment" line. Such contamination can also
occur if the spanwise flow at the attachment line
is tripped by excessive surface roughness.
Pfenninger and Reed indicate that when there
are large leading edge disturbances, this leading
edge or spanwise contamination occurs when the
momentum thickness Reynolds number on the attach-
ment line Reg ,(Reg, .= w _8/v where 6 is the

momentum thickness of the laminar spanwise bound-
ary layer along the attachment line) is greater
than 90 or 100. 1If the attachment line flow is
kept relatively clean by fences or root suction,
laminar flow could be maintained to Ree up

to 200-240, L.

A recent study by Poll(za) confirmed these
findings. Poll's results for an RAE 101 airfoil
at flight conditions are shown in Figures 9-11.
His parameter ¢ is identical to Reea % It

is seen that leading edge contamination can be
avoided by shielding the attachment line flow
from disturbances, reducing sweep angle and lead-
ing edge radius.

The effect of cooling on these criteria is
not known. However difficulties in maintaining
laminar attachment line flow can also be overcome
by suction along the attachment line. This
suction if used will also help a bit with cross-
flow instability.

Aerodynamic Heating and Friction Drag

On the premises that leading edge con-
tamination and crossflow instability can be
avoided and that laminar flow cam be maintained
according to a schedule such as that of Figure 5,
it is of interest to determine the extent to
which the cryo-fuel can in fact cool the aero-
dynamic surfaces. The aircraft components sub-
ject to drag reduction by cooling are the wings,
the fuselage, the engine pods (nacelles), and
the horizontal and vertical tail surfaces.

Heat Balance - A heat balance relation can
be written for each aircraft component as follows:

dTw
(Mc) at = AhT
where (Mc) is the heat capacity of the component,
#¢ is the fuel rate to the component and (Ah)
is the enthalpy increase of the fuel in going ¥
from its storage temperature to T,,. The aero-

dynamic heating term for a given component
can be written

Pr_zl3
P z A {(CF ) (Taw-_T )lam J

£ 817
1}

(5)

aero
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% turb
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F pld - = =

(6)

where the fluid properties are those of air at
altitude, % is the length of the section to be
cooled, A, is the wetted area to length %, x¢,
is the transition location at temperature Ty,
and (CFz)lam and (CFl)turb are the respective
laminar and turbulent average friction coeffi-

cient for length 2. For a flat plate for
example

> . 1.328
2 lam Ju
e

(Cg 1)
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The drag breakdown in cruise for the air-
craft without cooling assuming turbulent boundary
layers is

v

Cooldown of a component can occur only if the
cooling capacity of the fuel exceeds the aero-
dynamic heating, that is when the right side of
equation (5) is negative.

It is of interest at this point to compare
the cooling capacilities of hydrogen and methane.
These fuels would be stored at pressures between
one and two atmospheres., Figure 12 shows the
enthalpy above that at saturated liquid conditions
as a function of temperature at one atmosphere for
the two fuels. The enthalpy difference for methane
is considerably less than that for hydrogen.
However, since the heat of combustion of methane
is only about 40% that of hydrogen, the methane
fuel rate would be about 2.5 times that for

hydrogen for the same application. The broken
line shows the "adjusted" methane capability
relative to hydrogen. At wall temperatures of
the order of 300°R, methane provides about 70%
of the cooling capability of hydrogen.

Frictional Drag - The frictional drag co-
efficient of an aerodynamic component of over-
all length L and with transition located at x

is tr

/ L 6/7
Cp. = () L L 4 (cy) {1~(‘i—) }
F F lam Dp turb
9
where (CDF)lam and (CDF)turb are the respective

laminar and turbulent frictional drag co-
efficients for length L. They are referenced to
the wing area, S, as is appropriate for air~
craft drag coefficients. When the entire cooled
length & is laminar, then

6/7
2 %
Cy = (¢, T t@©)  {1-¢) 1}
Dp "D lam‘/;‘_ D¢ turb L 0
and the drag saving is
ac, = (C_ ) ~-C.
Dr " Dpturb O
6/7
%
= [(C. ) @ - (€, ) =1 Qu
DF turb L J”

FEASIBILITY OF DRAG REDUCTION BY COOLING FOR
= 0.85 LARGE TRANSPORT ATIRCRAFT

The aircraft used in this study is a con-
ceptual design for a throgen fueled transport
developed by Brewer(23)et al. The design has the
appearance of a conventional wide-bodied transport
except for a larger fuselage to accommodate the
liquid hydrogen storage tanks (Figure 13). It has
a design range of 5500 n.mi with a payload of
400 passengers, The aircraft is assumed to
cruise at 37,000 ft.
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D
Drag Component Coefzzgient % of Total
Induced Drag CD 0.00680 25.0
i
Trim Drag CD 0.00125 4.6
trim
Compressi—w Cp
bility - fuse-
lage 0.00090 3.3
. CDP
wing 0.00179 6.6
Friction CD 0.01650 60.5
F
Total CD 0.02724 100.0

The friction drag is by far the largest contri-
butor to the overall drag. The following is its
breakdown:

Friction Drag Drag Coefficient | Z of Total
Component
Wing ¢ 0.00586 35.5
DF
wing
Fuselage 'CD 0.00813 49.3
Fe
us
Pods o 0.00134 8.1
D
F
pods
Horizontal C 0.00040 2.4
Tail Dg '
h.t.
Vertical CD 0.00032 1.9
Tail F
v.t.
Other C 0.00044 2.7
D, .
F
misc.
Total [ 0.0165 100
Dp

Drag Reduction

The prime candidates for drag reduction by
cooling are the wing, the fuselage and the pods.
The horizontal and vertical tails in this ex-
ample do not contribute enough drag to warrant
cooling.

Cooling of the wing will be considered only
to the hinge lines of the control surfaces. Thus
only the forward 75% of the wing will be cooled.
A preliminary calculation suggests that only the
forward 20% of the fuselage be cooled. Cooling
will also be considered for the entire external
surface area of the pods. The parameters for the
aerodynamic heating calculations are as follows:




h =
M

37,000 ft.
0.85, u, = 822.9 ft.

Re/ft = 1.879 x 10%, pr = 0.72
Oeuecp = 4,326 Btu/ft2~sec—°F

. CF CD
Component Lft lft A 2, ¥
Wee2 Laminar | Turbulent Laminar Turbulent]
Wing 20.0 15.0 4440 0.000250 | 0.00261 0.00043 0.00586
Fuselage 215.5 43.1 2755 10.000147 | 0.00225 0.00032 0.00813
Pods 16.9 16.9 1536 0.000236 | 0.00257 0.00012 | 0.00134

For the purposes of calculation, let us
assume that the aircraft has reached cruise con-
ditions before the fuel is circulated for cool-
ing. Thus the aircraft surfaces are initially at
the adiabatic wall conditions. In the cooldown
process described by equation (5), the coolant
must initially remove heat at the turbulent rate.
As the surface is cooled, the transition location
moves downstream in accordance with the
assumption of Figure 5 and so the heat transfer
coefficient is reduced but the temperature diff-
erence increases. The results of this cooldown
calculation are shown in Figure 14, The heat
removal rate for each component reaches a maximum
during the cooldown process that is well above
the final laminar rate (for X = 2). Also

shown on this figure are the available cooling
rates in cruise, in acceleration at h = 10,000
ft. with Mach number going from 0.45 to 0.65 and
in c¢limb from 10,000 ft. to 37,000 ft. with the
Mach number increasing to 0.85.

It is clear from Figure 14 that the cooling
capability is cruise in marginal to inadequate
for cooling down the wing or the fuselage under
the assumptions of the present calculation.
However if the cooldown is done during
acceleration or climb there should be no pro-
blem in cooling down single components. Cool-
ing all the components simultaneously (Figure
15) does not seem feasible. If methane were to
be considered for this example, the cooldown of
single components would be marginal even in
acceleration.

An estimate of the cooldown time can be made
using equation (5). If one assumes a cooled skin
structure made of aluminum that has a weight of
2 1b per sq. ft. of skin area and if the avail-
able cooling rate is according to the climb
curve in Figure 14 then it would take about 3
minutes to cool down the wing, about 2 minutes
for the fuselage and under a minute to cool
down the pods. It thus seems possible to cool
the components consecutively during climb and
to maintain the cooled condition for all com~
ponents together in cruise.

Verification of this last point requires
calculating the drag reduction realized by cooling
and adjusting the fuel rate for the reduced drag.

The reductions in drag for each component
as calculated using equation (11) are shown in

Figure 16. The results are also given in the

following table:

Component ACD % % %

Component | Friction| Airplane

Drag Drag Drag

Wing 0.0042 72 25 15.4

Fuselage 0.0019 23 12 - 7.0

Pods 0.0012 90 7.3 4.4
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Laminarization by cooling can reduce the drag co-
efficient by as much as 0.0073 which is 26.8% of
the original airplane drag. Cooling only the wing
and fuselage results in a 22% reduction for the
airplane. It may be concluded that drag re-
ductions of the order of 207 are well within
reason. If the fuel rate in cruise is now ad-
justed downward by 26.87 it is still sufficient to
maintain the cooled condition after the cooldown
transient as is shown in Figure 15.

Cooling System

The development so far has been a bit
simplistic in that the cooling system has thus
far been an abstraction. We must now consider
the consequences of a real cooling system that
has real heat exchangers, pumps, etc.

The cooling system for drag reduction can-
not be activated until the aircraft climbs above
icing altitudes. Also, the entire cooling cap-
ability of the hydrogen may not be needed in
cruise. These are but two of the more obvious
reasons for having a fuel feed system that can be
operated independently of the cooling system and
allows the use of a more inert fluid than
hydrogen to be circulated as a coolant. The
coupling between the fuel and the coolant will
be through heat exchangers.

A cooling system for this aircraft aggli—
cation has been suggested by Ct.mningtcn(2 . The
coolant is gaseous nitrogen. The boiling point
of nitrogen is below 200°R at pressures of




interest so that using it as a coolant for sur-
faces to be brought to 310 - 340°R is quite
reasonable. The coolant passages adjacent to the
skin surface to be cooled would be integral with
the skin as shown in Figure 17. This would tend
to minimize the weight penalty of the cooling
system. Cunnington estimates the overall weight
of the cooling system to be about 4000 lbs.

The net benefits from a drag coefficient
reduction of 0.0073 together with a cooling
system weight penalty of 4000 1lbs. have been cal-
culated using the Lockheed ASSET program with
the following results(27);

Baseline Saving®
Item Value Amount Percent

Block fuel ’
(cruise) 1b. 50,710 14,100 27.8
Take-off
Gross
Weight 1b. 377,800 28,000 7.4
1./D cruise 16.4 20.9 27%%
D.0.C.

¢/seat-n.mi 1.60 0.37 23.1

*Initial evaluation - no iteration
*%Percent increase in L/D

If the overall drag reduction were only 0.0054 or
20%, the block fuel saving would be 10,500 1b or
20.7% and the take-off gross weight would be re-
duced by 19,000 1b. Whether one realizes 267
drag reduction or 20%, the savings certainly
make drag reduction by cooling very attractive.

FACTORS REQUIRING FURTHER INVESTIGATION

There are many premises underlying the con-
cept developed in this paper that require sub-
stantiation. Further work is required on the
stability and transition of three-dimensional
compressible flows over aerodynamic surfaces.
Stability calculation procedures now being
developed for incompressible flow have to be ex-
tended to the compressible domain. Equally
important is the undertaking of careful experi-
ments on boundary layer transition on swept
wings so that other factors - roughness, for
example - can be studied. Such experiments should
be carried out in a low turbulence wind tunnel
whose disturbance environment is measured and
known. Clearly more thought must be given to
the cooling system design and to internal in-
sulation requirements so that the cooling is
effective where it is supposed to be and nowhere
else.

Not considered in this paper but quite
important is the development of guidelines for
structural design that are compatible with the
special thermal requirements of the cooled air-
craft.

Finally additional configuration studies
should be performed to determine the extent of the
flight domain for which the effect of cooling is
favorable. Trends are difficult to predict
reliably because of the many interrelated factors
involved.

CONCLUDING REMARKS

The prospects for drag reduction by cool-
ing for cryo-fueled aircraft have been examined.
It has been found that this technique is more
suited to hydrogen than to methane. Calculations
for a M = 0.85 hydrogen fueled aircraft show that
drag reductions of the order of 20% are within .
reason and provide significant fuel savings.
These results are such as to justify further in-
vestigation of the various elements of this drag
reduction phenomenon, and the factors affecting
its practical application; for they indicate that
the hydrogen fueled aircraft is an attractive
candidate for an energy conservative aircraft that
uses an alternative fuel.
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Fig. 2 Points on neutral curve for insulated and

cooled plates. 1 - insulated plate, 2 -
cooled plate, T,/T, = 0,945 (from Kachanov,

Koslov and Levchenko(11)),
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frequency F = 128 x 106, 1 - Insulated
plate, 2 - cooled plate, Ty/Te = 0.945
(from Kachanov, Koslov and Levchenko(ll)).
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Fig. 9 Transition region boundaries for a 12%
thick RAE 101 airfoil section with gross
leading edge contamination and zero heat
transfer at h = 35000 ft. (from Poll(24)),
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Fig. 10 Minimum trip wire diameter which will
induce transition at ¢ = 100 on a 12%
thick RAE 101 airfoil section with zero
heat transfer at h = 35000 ft. (from
Po11(24)),
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Fig. 11 Transition region boundaries for a 12%
thick RAE 101 airfoil section with a
smooth leading edge and zero heat
transfer at h = 35,000 ft. (from
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Fig. 12 Enthalpy above saturated liquid con—
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Fig. 13 General arrangement, LHy subsonic
transport (from Brewer).
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vs. available cooling rates for LHy
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